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Time-Resolved Particle Image Velocimetry of Unsteady
Shock Wave-Boundary Layer Interaction
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A combination of time-resolved particle image velocimetry and unsteady pressure measurements is used to
analyze the unsteady flow over an aeroelastic supercritical BAC 3-11 transport-type wing configuration in
subtransonic flow. The dynamic interaction between the shock wave and turbulent separation is the essential feature
of the unsteady flow causing a distinct self-induced oscillation of both the wing structure and the flowfield. Results
from wind-tunnel experiments with a variation of the freestream Mach number at Reynolds numbers O(10” m~)
are analyzed regarding the origin and nature of the unsteady shock wave-boundary layer interaction. Time-resolved
particle image velocimetry results are presented for a flow case with a weak shock and incipient separation as well as
for a case with medium shock strength and full-scale trailing-edge separation. The visualization of the flowfield,
which is time-resolved regarding the shock wave oscillation, demonstrates the two-fold nature of the shock wave-
boundary layer interaction, on the one hand being the origin of aerodynamic unsteadiness at marginally separated
flow, on the other hand damping the fluctuation level at full-scale separation.

Nomenclature

c = chord of the inner pressure measuring section

Cy = chord of the outer pressure measuring section

c = mean aerodynamic chord length

Cp = pressure coefficient

Cpeiv = critical pressure coefficient

Coo = velocity of sound in the freestream

f = frequency

fs = sampling rate

M, = freestream Mach number

Re,, = u,c/vy, freestream Reynolds number based on mean
aerodynamic chord

s = wing semispan

U = absolute velocity

u,, = freestream velocity

X = streamwise direction

X = shock position

y = spanwise direction

oy = mean incidence angle

n = y/s, normalized spanwise direction

Voo = kinematic viscosity

o = oblique shock angle

T, = particle-response time

w* = 2nfc/u,, reduced frequency based on mean

aerodynamic chord
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1. Introduction

HE aerodynamic behavior of modern transport-type wings with

supercritical airfoils and moderate sweep angles is determined
by a local supersonic flowfield on the upper surface terminated by a
shock with strength varying along the wing span. A highly complex
and time-dependent flow pattern can exist in the direct vicinity of the
wing surface with a shock-induced separation of the turbulent
boundary layer in the wing trailing-edge region. The trailing-edge
flow is in turn a source of unsteadiness for the shock wave and the
entire wing flowfield [1]. The inviscid shock wave interacts with
acoustic waves radiated from large-scale structures of a free shear
layer impacting the sharp airfoil trailing edge [2]. Aeroelastic insta-
bilities in the transonic flight regime very often occur in conjunction
with this dynamic shock-boundary layer interaction generating
pressure fluctuations that act on the wing structure as a time-
dependent load distribution. Modern transport wings with optimized
lightweight designs may exhibit a distinctive structural response to
unsteady loads in the first bending—torsion mode. This dynamic
fluid—structure interaction might stimulate an unstable aeroelastic
flutter response of the wing structure developing a metastable
structural limit cycle oscillation (LCO) due to its inherently nonlinear
character [3,4]. Future transport aircraft developments require a
deeper understanding of these dynamic interaction processes to take
into account aeroelastic nonlinear system behavior with new
methods of computational aeroelasticity [5].

With this background an extensive series of wind-tunnel tests has
been conducted with a supercritical transport-type wing configura-
tion in a transonic intermittent vacuum-storage wind tunnel at
freestream Mach numbers between M, = 0.78 and 0.92 and wing-
root incidence angles between o, = —2 and 3° at Reynolds numbers
corresponding to the mean aerodynamic chord of the swept wing
Re. = O(10°). The wing exhibits an increased degree of unsteadi-
ness in a Mach number range between 0.82 and 0.88 at «, between
—1 and 1° due to the time-dependent load distribution from the
dynamic interaction between a medium strength shock wave and the
turbulent boundary layer, eventually causing trailing-edge separa-
tion. This purely aerodynamic process promotes the exchange of
kinetic energy between the flow and the wing, thereby introducing
unsteadiness also to the structure [6,7]. This contribution is devoted
to a further understanding of the dynamic shock—boundary layer
interaction involving trailing-edge separation to characterize the role
of the aerodynamic unsteadiness in the context of aeroelastic
instabilities. The focus is set on the aerodynamic process since the
observed aeroelastic behavior of the stiff wing model under investi-
gation is not distinct and only a reaction to the aerodynamic forces.
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As an extension of previous investigations focusing on unsteady flow
information on the wing surface, flowfield information is presented
for one representative section of the swept wing using time-resolved
particle image velocimetry (TR-PIV). The results from the
experimental test campaigns also can be used to assess the accuracy
and validity of computational efforts regarding dynamic fluid—
structure interaction.

II. Experimental Setup

The experimental investigation has been conducted in the Trisonic
Wind Tunnel of the RWTH Aachen University. This facility is an
intermittently working vacuum storage tunnel capable of producing
flows at Mach numbers ranging from 0.4 to 3.0. For transonic flows
with freestream Mach numbers below one, the tunnel is equipped
with a 0.4 mx 0.4 m two-dimensional adaptive test section
consisting of parallel side walls and flexible upper and bottom walls
to simulate unconfined flow conditions [§]. The wall contours are
calculated by solving the Cauchy integral based on the time-averaged
pressure distribution measured along the center line of the flexible
walls [9]. Despite the three-dimensionality of the wing flow, the two-
dimensional wall adaptation is assumed to be adequate due to the
small size of the wing configuration used in the experiments. The
total pressure and temperature of the wind tunnel are determined by
the ambient conditions. Therefore, the Reynolds number depends on
the Mach number and ambient temperature ranging from 1.3 to
1.6 x 10" m~! in the present experiments. The relative humidity of
the flow is kept below 4% at total temperatures of about 293 K to
exclude any influence on the shock wave position [10].

The acoustic environment in the wind tunnel is of major interest for
the experimental simulation of dynamic fluid—structure interaction
processes. For this reason, the adaptive test section is also equipped
with several dynamic pressure transducers distributed along the
center line of the upper and lower walls. Figure 1 displays the
dominant reduced resonance frequencies w* =2mfc/u,, with
affiliated power spectral power density measured along the duct
center line in the empty test section for different freestream Mach
numbers. The freestream chamber located downstream of the test
section is identified as the main source of acoustic disturbances in the
test section, since spectral powers always peak in the transducer
locations closest to this area. Depending on the freestream Mach
number, the acoustic disturbances contain three predominant
frequencies, most likely evolving from different acoustic modes in
the freestream chamber. The fluctuation power contained in the
modes also depends on the Mach number. When analyzing the results
of the flow measurements over the swept-wing model, the influence
of the test section acoustics must be taken into account.

The wing geometry under investigation is a slender transport-type
configuration with the supercritical airfoil BAC 3-11/RES/30/21
developed by the British Aerospace Corporation [11]. The back-
swept wings consists of two segments with a constant leading edge
sweep angle of 34° and trailing-edge sweep of 22 and 26°. It
possesses a semispan of s = 280 mm, an aspect ratio of 7.5, and a
mean aerodynamic chord of ¢ = 74.3 mm. The maximum chord of
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Fig. 1 Dominant resonance frequencies together with affiliated power
spectral power density along the duct center line in proximity to the
freestream chamber.

104.35 mm is located at the wing root. The laminar—turbulent
transition of the boundary layer is a significant parameter to
determine the shock—boundary layer interaction. To limit the number
of variables and to simulate a flow that in most respects behaves
similar to a realistic high Reynolds number flow, the boundary-layer
transition is fixed at a line of 5% chord with a 117 pm zigzag shaped
transition strip on both wing surfaces. The effectiveness of the
tripping device has been successfully verified using a shear-sensitive
liquid crystalline coating during previous investigations [6].

Because of the small scale of the wind-tunnel model, it is
unfeasible to incorporate the required sensor equipment into one
single model. Hence, in this study two identical wind-tunnel models
were investigated, each equipped with pressure transducers located
at different spanwise positions. Figure 2 shows a schematic of the
model geometry and the sensor positions. Both wing models are
made of an identical orthotropic ultrahigh modulus carbon fiber
laminate sandwich shell.

Wing model number one is equipped with 27 subminiature Entran
EP-I and Kulite XCQ-080 pressure transducers incorporated in one
section at a relative half span n, =y, /s = 0.286, corresponding to
y; = 80 mm. Because of the slenderness of the trailing edge, the
pressure measuring area is limited to 0.051 < |x/c|; < 0.785 on the
upper and 0.085 < [x/c], < 0.648 on the lower surface of the wing,
respectively. Wing model number two has 9 Kulite XCQ-080
pressure transducers installed at n, = y,/s = 0.714, corresponding
to y, =200 mm, on the wing’s upper surface and conventional
pressure taps on the lower side for a time-averaged measurement. In
this case, the pressure measuring range is limited to 0.187 <
[x/c], <0.695 on the upper and 0.134 < [x/c], < 0.772 on the
lower side, respectively. For both models, each transducer is installed
in closest proximity to the corresponding pressure orifice to
minimize the damping and phase shift of the measured pressure
signal against the actual signal on the wing surface (Fig. 3). Figure 4
shows the dynamic response of the sensor installation plotted against
the reduced frequency w* = 27 f¢/u,, in the Mach number range of
0.8 = M < 1.4 relevant for the flow conditions under consideration.
The response function was calculated using the theory developed by
Tijdeman [12] for the propagation of small harmonic pressure
perturbations through tube-transducer systems. The calculations
show that the response function has a very small influence on
pressure fluctuations in the reduced frequency range of the flowfield
oscillation that is investigated in this study.

Nevertheless, the phase shift ¢,/¢; and the gain p,/p; are
considered for the data evaluation, using a first order approximation
of the transfer function developed by Tijdeman. In Fig. 4, the
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Fig. 2 Geometry of the supercritical BAC 3-11/RES/30/21 swept-wing
model with pressure measuring sections at n; = 0.286 and », = 0.714;
dimensions in mm.
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Fig. 4 Modulus and phase of sensor installation dynamic response as a
function of the reduced frequency w* for 0.8 <M < 1.4.

approximation of the transfer function is compared with the original
function for M = 1 showing the validity of the approximation for the
relevant frequency range of * < 3. The approximation allows to
calculate the original pressure value p,, at the pressure orifice using
Eq. (D

freestream
chamber

adaptive
walls

pu=pi+Tp; (1)

with 7 being the time constant which is determined for each Mach
number using the transfer function by Tijdeman and p; being the
pressure value at the pressure sensor. The pressure transducer signals
are recorded using a data-acquisition (DAQ) system consisting of
five data acquisition boards Imtec T-112 with simultaneous analog-
to-digital conversion of 40 channels, 12 bit resolution, and up to
1.25 MHz sampling rate per channel. In the present experiments, a
sampling rate of fP*? =20 kHz was selected. The signals are
conditioned with 4-pole Butterworth low-pass filtering with 10 kHz
corner frequency and hundredfold amplification with a bandwidth of
100 kHz by Endevco 136 DC-amplifiers.

In addition to unsteady pressure measurements, two-component
TR-PIV with the laser light sheet positioned parallel to the incoming
flow was employed to analyze the wing flowfield in the
representative section 17, = 0.714 at the test section vertical plane
of symmetry. Droplets of Di-Ethyl-Hexyl-Sebacat (DEHS, CAS-No.
122-62-3) with a mean diameter of 0.6 ;um were used as seeding. To
achieve ahomogenous seeding distribution, the seeding was added to
the flow in the dry air reservoir of the wind tunnel before each test run.
Using the approach of Melling [13] the particle response time 7, can
be calculated to be approximately 1.98 us corresponding to a
frequency response of f,, = 505 kHz.

The flow was illuminated using a Quantronix Darwin Duo 40M
double-pulsed Nd:YLF laser with a wavelength of 527 nm. The
repetition rate was set to 1500 Hz resulting in an energy of
approximately 15 mJ per pulse. The laser light sheet was about 1 mm
thick. The optical access for the laser beam was provided through an
aperture in the freestream chamber of the wind tunnel downstream of
the test section. Figure 5 shows an overview of the PIV setup. Using
the frame-straddling technique mentioned by Raffel et al. [14], the
laser pulse separation in the experiments was 2.8 us leading to a
mean particle displacement of approximately 0.85 mm, correspond-
ing to approximately 13 pixels in the acquired flow images. The
particle images were recorded with a Photron Fastcam SA-3 CMOS
camera with a 1024 x 1024 pixel sized sensor capable to achieve a
frame rate of 2000 Hz at full resolution. The sensor was cropped to
1024 x 512 pixels to achieve an increased recording rate of 3000 Hz
leading to a sampling rate of 2V = 1500 Hz. This frequency fulfills
the Nyquist criterion for the expected oscillation frequencies such
that we define the PIV measurements as time resolved regarding the

optical mirror laser
access

BAC 3-11 wing
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mirrors

Fig. 5 Side (top) and plan view (bottom) of the PIV setup.
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shock wave oscillation. An 85 mm Nikon Nikkor 1:1.8 lens together
with a 20 mm intermediate ring was mounted to the camera. The
optical settings result in a particle diameter of approximately 3 pixels
in the recorded images. In each test run, a dataset of 2726 image pairs
was acquired. The images were analyzed with ILA VidPIV software
using adaptive cross-correlation with a final window size of 32 x 32
pixels and an overlap factor of 75%. This leads to a vector spacing of
0.53 mm. For post-processing, a window velocity and a local median
filter were used to identify and remove outliers which were in the
range of 1%. For the synchronization of the TR-PIV and the time-
resolved pressure measurements, the exposure signal of the camera
of each frame was recorded with the DAQ system used for the
pressure transducer signals leading to a maximum time discrepancy
of 25 us due to the different recording rates of 3 and 20 kHz,
respectively.

Exposure tests with the Nd: YLF high-speed laser with 15 mJ pulse
energy showed a significant local heating of the wing surface in the
area illuminated by the laser light sheet due to absorption of the
carbon fiber gel coat layer. To avoid any deterioration of the surface
quality and structural stiffness, a 56 mm wide and 0.2 mm thick 3M
aluminum tape was incorporated into the wing surface in the area
between 1 = 0.614 and 0.814, denoted by the shaded area in Fig. 2.
The tape, which serves as a thermal barrier coating, is flush-mounted
by applying it onto the surface during the lamination process to avoid
any surface distortion.

III. Time-Averaged Flow Analysis

The unsteady aerodynamic flowfield at the BAC 3-11 wing has
been investigated on the basis of the time-averaged aerodynamics for
awide variety of incidence angles measured at the wing root between
oy = —2° and 4-3°, freestream Mach numbers between M, = 0.78
and 0.92, and Reynolds numbers Re, = O(10°). The main feature of
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the transonic swept-wing flow is a weak compression shock
terminating the supersonic bubble in the flowfield. Figure 6 displays
the time-averaged pressure distributions in 1, and 1, for M, = 0.86
and 0.92, respectively, measured with the pressure sensors
incorporated in these wing sections for a constant mean angle of
attack oy = 0°. At M, = 0.86 the steep pressure rise normally
indicating a weak shock wave is smoothed by the time averaging,
especially in the outer station 1,, indicating an unsteady shock wave
motion. The unsteadiness of the flow is shown by the length of the
error bars denoting the global maximum and minimum measured in
each position during the testing time. It is obvious that the largest
fluctuations occur around the time-averaged shock position. The
large variance in the pressure signal at [x/c]; = 0.151 on the lower
side is caused by the presence of a weak shock wave terminating a
very small supersonic field in this area. This special feature of the
BAC 3-11 pressure distribution has been described by Hillenherms
[15] and cannot be analyzed further on this wind-tunnel model due to
the previously described size limitations and resulting pressure
orifice positions. The supersonic flow area grows with increasing
freestream Mach number leading to a stronger shock that evolves
closer to the trailing edge. At M, = 0.92 a weak oblique shock is
followed by a short supersonic expansion and a strong shock on the
wing upper side at the inbound station. Since the leading shock is
caused by a local deflection of the streamlines most likely in the
vicinity of the outer boundary-layer region, the appearance of this
lambda-shaped shock system marks the change from a mild to a
severe interaction with the boundary layer, which is consistent with
the commonly known Mach number effect on the transonic flowfield
described by Seddon [16], Green [17], Adamson and Messiter [18],
Délery [19], and Délery and Marvin [20].

However, the flowfield on the upper side is also characterized by a
separation of the boundary layer at the trailing edge. First, the
separation occurs at subcritical conditions. Then, it grows and moves
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Fig. 6 Time-averaged pressure distributions in », = 0.286 and 5, = 0.714 for a) [y, M ] = [0°, 0.86] and b) [ey, M ] = [0°, 0.92].



HARTMANN ET AL. 199

upstream to finally coincide with the time-averaged shock position as
soon as the shock is strong enough to induce separation. This flow
development resembles the type B3 flow in the phenomenological
description given by Pearcey et al. [21]. The oil film technique has
been applied to visualize wall shear stress directions and to detect
local regions of separated boundary-layer flow, as illustrated in
Fig. 7. A very comprehensive review of this classic technique was
given by Maltby [22]. The wing surface is coated using a mixture of
oil and finely powdered luminescent pigment. During the wind-
tunnel run, the oil pattern is determined by the wall shear stresses
such that the dry pigment forms a streaky pattern indicating the
direction of the flow close to the surface and thereby also the direction
of the local skin-friction vector.

In the weak supercritical flow at [0y, M,]=[0°0.86], a
significant outward deflection of skin-friction lines in the region of
the pressure recovery can be observed. Near the trailing edge, the
skin-friction lines eventually coincide to form a limiting streamline.
This onset of trailing-edge separation is assumed to take place when
the oil filaments coalesce into a quasi-common line. The
development of this Pearcey B-type flow can be attributed to the
steep pressure rise on the BAC 3-11 airfoil toward the trailing edge,
as well as the thickening and skewing of the boundary layer as
described by Délery [19]. Furthermore, in this low Reynolds number
flow case the boundary-layer thickening due to the adverse pressure
gradient is naturally much stronger than in high Reynolds number
flow with naturally developed boundary-layer turbulence [18]. A
schematic representation of the weak shock wave-boundary layer
interaction flow is given in Fig. 8.

The appearance of the lambda shock system at a freestream Mach
number of M, = 0.92, Fig. 7b, corresponds to a full-scale separation
from the shock foot to the trailing edge involving a secondary
boundary-layer flow in the direction of the crosswise pressure
gradient, which is indicated by the accumulation of oil in the rear part
of the wing surface [23]. This accumulation also allows recon-
structing the external streamlines on the basis of light streaks visible
on the surface of the accumulated oil. This flow structure, which is
also schematically depicted in Fig. 9, marks the performance
boundary for this aerodynamic configuration due to the breakdown
of lift. The flow behavior on the pressure side of the wing is similar to
the upper surface, albeit with much weaker pressure gradients.
Hence, the following unsteady flow analysis concentrates on the
upper wing surface.

--—-- skin friction line

—— separation line

-—-- skin friction line
—— external stream line

—— separation line

IV. Time-Resolved Flow Analysis

The time-averaged flow analysis provides a view on the global
flow features, but does not give insight to the temporal development
of specific flow patterns, e.g., the oscillation of the shock wave. This,
for instance, was already illustrated by the smoothing effects
contained in the pressure distributions caused by flow unsteadiness
(Fig. 6). Nevertheless, the wing flowfield exhibits a strong stream-
wise oscillation in the area of the supersonic flowfield and shock
wave. For the investigated spanwise station 7;, the strongest surface
pressure fluctuations can be found in the region of the time-averaged
shock position and in the area downstream of the shock, caused by
the interaction with the boundary layer. The spectra of pressure
signals from the point of incipient separation at [eg, M., ] = [0°, 0.86]
contain distinct harmonic peaks at @* = 0.42 and 0.72 illustrating
the periodic nature of the flow (Fig. 10a). As soon as the lambda
shock pattern occurs, the reduced frequency of 0.72 dominates the
flowfield (Fig. 10b). The spectrograms presented in Fig. 10 are
representative in quality for the entire upper wing surface. Periodic
shock oscillations have been investigated in several experimental and
numerical studies. Brunet et al. [24] describe a pulsation of the
separated area to be the origin of buffet oscillations on the OAT15A
supercritical airfoil with a thickness to chord ratio of 12.5%. In his
widely accepted shock buffet model, Lee [25] describes the inviscid
shock interaction with upstream propagating sound waves, which are
generated by the impingement of large-scale turbulent eddies on the
sharp trailing edge and form a feedback loop with disturbances
convected downstream, as the main buffet mechanism [26]. Shock
buffet has mainly been investigated in two-dimensional flows. Finke
[27] and Lee [25] measured shock buffet frequencies of w* = 0.5 to
2.0 for the NACA 63-012 profile and o* ~ 0.5 for the BGK No. 1
airfoil with arelative thickness of 11.8%. A reduced buffet frequency
of w* = 0.55 was measured by Schewe et al. [28] for the NLR-7301
airfoil. According to Hillenherms et al. [29,30], the BAC 3-11 airfoil
exhibits a buffet frequency of w* =0.53 to 0.58 in the two-
dimensional flow case. Hence, the measured reduced buffet
frequency of w* = 0.72 on the BAC 3-11 swept wing is in the range
of that of other supercritical airfoils with a comparable thickness ratio
and shock position.

Nevertheless, the shock buffet phenomenon observed on the BAC
3-11 swept wing has a different characteristic compared with shock
buffet flows described in the literature. In the case of classical buffet,

Fig. 7 Surface flow pattern on the wing upper surface, o, = 0.01°: a) flow with a single shock wave and incipient separation near the trailing edge at
M, = 0.86, and b) flow with a lambda shock and shock-induced separation involving backflow at M, = 0.92.
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Fig. 8 Weak transonic swept shock wave-boundary layer interaction with attached flow after Green [17] and Adamson and Messiter [18]: a) view onto
the swept-wing surface, and b) view along the shock line.

Inviscid
Shock wave
Mn,l >1 Mn,2 <1
M, cosg Shear layet . _ .. —
_> | — - — . -
00 .~
o

Compression

Boundary layer

a) b)
Fig. 9 Schematic of strong transonic swept shock wave-boundary layer interaction with separation after Seddon [16] and Délery [19]: a) view onto the
swept-wing surface, and b) view along the shock line.
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Fig. 10 Comparison of pressure fluctuation spectra measured in the shock region for »; =0.286, o, =0°: a) [x/c], =0.618, M = 0.86,
Re., =1.09 x 10°, and b) [x/c], = 0.685, M, = 0.92, Re., = 1.1 x 10°. The reduced frequencies are also given.
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the shock is strong enough to cause a fully separated flow between the
shock wave-boundary layer interaction area and the trailing edge.
The formation of the acoustic feed back loop can be observed at high
Mach numbers and high angles of attack. In the BAC 3-11 swept-
wing buffet flow considered here, the boundary layer is only slightly
thickened and the shock wave is not strong enough to cause a full-
scale separation during the entire cycle. The locally separated
boundary-layer flow posesses a strong shear layer at the trailing edge,
which generates sound waves that interact with the shock structure
and amplify the unsteadiness [2,26,31]. This oscillatory shock
motion, however, is only present in the range of M, = 0.84 to 0.88
and changes to a flow with significantly lower unsteadiness at
M, =0.90 and 0.92. At higher Mach number, the time-averaged
shock foot position has shifted downstream, while the separation line
appears much further upstream, induced by the stronger pressure
gradient in the shock wave which dominates the inertia forces in the
near-wall region, i.e., the shock wave is less sensitive to exterior
perturbations. The position of the shock is fixed over time by the
separation line. Hence, the flow at M_, = 0.92 exhibits a greatly
reduced shock motion amplitude. The fully separated boundary layer
dampens the trailing-edge noise which is why the acoustic waves
interacting with the shock wave are weaker whereas the pressure
gradient across the shock wave at M, = 0.92 has increased. Thus,
the remaining fluctuation power is mainly contained in the pulsation
of the separated flow. The existence of a steady flow case at higher
Mach numbers than the unsteady flow is also described by Xiao and
Tsai [32] on an 18% thick circular arc airfoil and by Geissler [33] for
the NLR 7301 airfoil in the context of numerically simulating limit
cycle oscillations.

201

Wing deformation measurements taken during previous experi-
ments discussed in Steimle et al. [7] justify the assumption that the
shock buffet at the BAC 3-11 swept wing is a purely aerodynamic
phenomenon, despite an aeroelastic coupling with the dynamic
flowfield observed on the outer wing segment. The wing deformation
is very small up to arelative span of about 7 = 0.3 with an oscillation
of the local angle of attack up to 0.2° and wing bending up to 0.1% of
the wing span. The spectral analysis performed with the deformation
data showed that the main frequency of the wing unsteadiness is
o* = 0.43, one of the test section resonance frequencies (Fig. 1), not
0.73 or 0.72. The time-dependent deformation of the outer wing
segment indeed corresponds to the flowfield oscillation in the flow
case [y, M) =[0°,0.86], while it disappears almost completely at
[g, M ] =[0°,0.92].

The large fluctuations occurring in Fig. 6a near the leading edge on
the lower side of the wing result from a small supersonic region
terminated by a weak shock wave. The periodogram of the pressure
fluctuations in this area shows the same frequencies being present
here as described in Fig. 11. Thus, it is assumed that the leading edge
shock wave is also sensitive to the acoustic features present in the
flowfield and most likely couples with these fluctuations. The
following TR-PIV measurements, however, focus on the dynamic
behavior of the upper surface shock wave.

V. TR-PIV Measurements

To gain information on the velocity field, TR-PIV is used to
visualize the unsteady flow around the BAC 3-11 swept-wing
configuration in one measurement plane. The vertical measurement

-0.8 T T T T 08 T

U/coo

0.7 0,74 0.78 0.82 0.86 0.9 0.94 0,98 1.02 1.06 1.1

Fig. 11 Representative time sequence of synchronously measured pressure distribution and velocity field for », = 0.714, «, = 0°, M = 0.86,
Re., =1.09 x 10°, time step At = 0.67 ms, U/c., = 1 contour line is marked black.
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plane is located along the center line of the adaptive test section and
oriented in the freestream direction. Its position coincides with the
[xs — y,] plane in the relative half-span position 7, =0.714.
Figure 11 shows a representative time sequence of the synchronized
pressure distribution and instantaneous velocity field providing
almost two entire oscillation cycles of the shock wave motion. The
images were acquired with fFV = 1500 Hz, i.e., a time step
At =0.67 ms, at [ag, M) = [0°,0.86]. Consistent with the results
from the unsteady surface pressure measurements, a large-scale
streamwise shock oscillation occurs on the upper wing surface. At
time 7 = 7, Fig. 8 shows the supersonic flow region which extends
approximately from [x/c], = 0.3 to 0.6 and is closed by a weak
shock wave. One time-step laterat r = 7 + 1 At, the size of the region
has decreased significantly. This shrinking is accompanied by an
accelerating upstream motion of the shock wave. During this
upstream shock motion, the supersonic flowfield loses its strength.
The shock wave is weakened up to a point where the entire field is
only slightly supersonic. At this point # = 7 + 2A¢, the cycle starts
again and a new supersonic bubble develops indicated by an
expansion downstream of [x/c], = 0.4. Attime step t = 7 + 3At, the
supersonic bubble of the first cycle has completely vanished while
the new supersonic bubble is fully developed comparable to that at
time step ¢ = 7. In the figures, the shock wave appears as a blurred line
instead of the expected sharp termination of the supersonic bubble.
This is caused by the particle slip across the shock wave. With a
maximum velocity difference of 85 m/s across the shock wave and
the particle response time 7, = 1.98 us, the relaxation length, which
corresponds to a velocity difference of 1% between the particle and
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the flow, is 2.2 mm. Furthermore, the averaging effect of the PIV
interrogation window method causes an additional blurring of the
shock wave. That is, the measured velocity starts decreasing
approximately a quarter of the size of an interrogation window of
about 0.53 mm in front of the shock wave [34,35]. The resulting
blurred length of 2.73 mm corresponding to 5% [x/c], explains the
relatively smooth velocity distribution behind the shock.

Quasi-harmonic large-scale shock motions were first categorized
by Tijdeman [36]. An intermittent presence of the shock wave
comparable to the flow behavior observed in the present study is
described as Tijdeman type B shock motion. In this category, how-
ever, the shock wave disappears during part of its backward motion,
while the BAC 3—-11 swept-wing flow shows a disappearance of the
shock close to the its most upstream position during the cycle. In
Tijdeman type C motion the shock also disappears during its
upstream motion, but with increasing shock strength and by
propagating upstream as a sound wave into the incoming flow. The
shock motion phenomenon on the BAC 3-11 swept wing is quite
different from the Tijdeman description, since the supersonic region
decreases in strength to cause a weakening of the shock wave during
its upstream motion. The behavior primarily results from the roof top
design of the BAC 3-11 wing section geometry with the local
pressure coefficient increasing towards the leading edge.

The situation changes slightly at [«,, M| = [0°, 0.92], since the
supersonic flow is generally stronger here. Therefore, in Fig. 12, the
shock wave is present during the entire oscillation cycle, while the
variation in strength of the supersonic field is generally smaller. This
reduced unsteadiness corresponds to the significant reduction in

U/ecoo

0.75 0.79 0.83 0.87 0.91 0.95 0.99 1.03 1.07 1.11 1.15

Fig. 12 Representative time-sequence of synchronously measured pressure distribution and velocity field for », = 0.714, «, = 0°, M = 0.92,
Re., = 1.1 x 10°, time step At = 0.67 ms, U/c,, = 1 contour line is marked black.
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pressure fluctuation spectral power, which becomes obvious in a
comparison of Figs. 10a and 10b. Compared with the flowfield at
[, M.] = [0°,0.86], the velocity field at M, = 0.92 also shows the
significant difference in flow behavior regarding the trailing-edge
separation. In the former case, the separation originates in closest
proximity to the trailing edge (Fig. 7a). The shedding of boundary-
layer structures at the sharp trailing edge is responsible for the
production of sound waves travelling upstream in the subsonic
region of the flowfield as was described by Brunet et al. [24], and
observed by Alshabu et al. [37] on the BAC 3-11 wing section based
on a numerical simulation of a buffet flow. The representative time-
sequence in Fig. 8 shows that the entire flowfield is disturbed by the
sound waves resulting in a continuous displacement of the shock
wave into the upstream direction. The weakening of the shock wave
associated with the upstream motion must be attributed to the local
Mach number in the local wing flowfield which decreases
continuously in the upstream direction due to the characteristic
pressure distribution of the BAC 3-11 wing (Fig. 6a). In the latter
case, oy, M| = [0°,0.92], the mean chordwise shock position can
be found further downstream. Here, the shock is strong enough to
induce a steady separation during the entire oscillation cycle. This
quasi-stable correlation between the shock foot position and the
separation line greatly reduces the amplitude of the shock motion.
The fully separated boundary layer dampens the trailing-edge noise
which is why the acoustic waves interacting with the shock wave are
weaker whereas the pressure gradient across the shock wave at
M, = 0.92 has increased. Thus, the remaining fluctuation power is
mainly contained in the pulsation of the separated flow. The time-
series in Fig. 11 also demonstrates that the residual flow unsteadiness
is solely contained in the pulsation of the large-scale separation,
which causes a time-dependent deflection of the local streamlines at
the outer edge of the boundary layer. Therefore, the shock oscillation
is only a reaction to the change in the instantaneous downstream
boundary conditions in the shock foot region.

Besides the error arising from the particle slip across the shock
wave, an additional error resulting from optical distortion caused by
the variation of the refractive index n across the shock wave can be
estimated using a simple ray-tracing approach. Assuming that the
shock wave represents a sharp interface between two media with an
abrupt change of the local density of the fluid, the resulting error of
the displacement of each particle can be calculated. To achieve a
maximum value for such error estimation, a worst-case scenario is
investigated in the following. For a maximum local Mach number of
M =13 and a shock wave angle o =26° measured in the
experiments, the resulting density variation is p,/p, = 1.287.
Consequently, the variation of the refractive index can be calculated
using the Gladstone-Dale relation to be n, /n; = 1.00004, indicating
that the influence of the optical disturbances can be neglected.
Furthermore, the relatively long pulse duration of high-speed
laser systems leads to an additional bias error. According to
Ganapathisubramani and Clemens [38], this bias error is a function of
the ratio of the pulse duration, which is determined to be 0.15 s, to
the pulse separation, being 2.8 us and the particle displacement,
such that an additional mean bias error of 0.127% has to be taken into
account for the present experiments. Assuming that the accuracy of
the peak detection of the PIV evaluation algorithms is in the order of
0.1 pixels [14], the overall accuracy of the velocity detection of the
PIV measurements with a mean displacement of 13 pixels leads to
0.8%. The overall measurement uncertainty, besides the particle slip
in the vicinity of the shock wave, then leads to about 1% applying
Gaussian error propagation principles.

VI. Conclusions

Results from an experimental investigation of two different
transonic flows around a BAC 3-11 swept wing with dynamic shock
wave-boundary layer interaction have been presented. One flow
exhibits a highly dynamic local interaction of a weak shock with a
marginal trailing-edge separation due to a sound-wave/shock-wave
interaction. The other flow is determined by a stronger, partly lambda
shaped, shock system associated with a severe but less dynamic

trailing-edge separation. For the first time, time-resolved particle
image velocimetry was used to display the dynamic interaction
between the oscillating shock wave and the separated flow in the rear
part of the transport-type wing configuration. The results from the
streamwise wing section at 17, = 0.714 are consistent with results
from previous investigations with the BAC 3-11 swept wing, which
demonstrated a significant reduction in the unsteadiness of the
dynamic response of the wing structure at M, above 0.90. Induced
by the stronger shock wave in close proximity of the marginal
trailing-edge separation, a full-scale trailing-edge separation
develops, the separation line being associated with a lambda-shaped
shock system. The separation line itself was shown to be much less
dynamic over time, thus being responsible for the reduction of flow
unsteadiness. A similar conclusion in the context of aeroelastic
instabilities in transonic flow has been drawn by Tichy [39] and
Schewe et al. [40], who attributed the rising flutter stability limit
towards higher flight Mach numbers to the occurrence of separated
flow as a damping feature in the unsteady transonic wing
aerodynamics.
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